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ABSTRACT

A variable-porosity suction glove has been flown on

the F-16XL-2 aircraft to demonstrate the feasibility of

this technology for the proposed High-Speed Civil

Transport. Boundary-layer transition data on the

titanium glove primarily have been obtained at

speeds of Mach 2.0 and altitudes of 15,240-16,764 m

(50,000-55,000 ft). The objectives of this flight

experiment have been to achieve 0.50_).60 chord

laminar flow on a highly swept wing at supersonic

speeds and to provide data to validate codes and suction

design. The most successful laminar flow results have

not been obtained at the glove design point, a speed of

Mach 1.9 at an altitude of 15,240 m (50,000 ft); but

rather at a speed of Mach 2.0 and an altitude of 16,154 m

(53,000 ft). Laminar flow has been obtained to more than

0.46 wing chord at a Reynolds number of 22.7×106. A

turbulence diverter has been used to initially obtain a

laminar boundary layer at the attachment line. A lower-

surface shock fence was required to block an inlet shock

from the wing leading edge. This paper discusses

research variables that directly impact the ability to

obtain laminar flow and techniques to correct for these
variables.
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INTRODUCTION

Laminar flow control has long been considered as a

potentially viable technique for increasing aircraft

performance. Previous studies have demonstrated that

laminar flow control could reduce takeoff gross weight,

mission fuel burn, structural temperatures, emissions,

and sonic boom. 1 3 The NASA High-Speed Research

program has obtained data to quantify the benefits of this

technology.

In response to interest in implementing this

technology on the proposed High-Speed Civil Transport

(HSCT), NASA initiated the F-16XL Supersonic

Laminar Flow Control (SLFC) flight program. This

research project used two prototype F-16XL aircraft.

The F-16XL-1 project, using active (with suction) and

passive (without suction) gloves on the left wing,
demonstrated that laminar flow can be achieved on a

highly swept-wing configuration at supersonic speeds. 4
Pressure-distribution and transition data were obtained

for a Mach range of 1.2-1.7 and an altitude range of

10,668-16,764 m (35,000-55,000 ft). The results show

that large regions of laminar flow can be achieved when
active laminar flow control is used. 5

Using a passive wing glove on the right wing of the

aircraft, the first phase of the F-16XL-2 project studied

the effects of attachment line, leading-edge radius, and

very high Reynolds number on the boundary layer. 4 A

primary goal of the passive glove experiment was to

obtain detailed surface pressure-distribution data in the

leading-edge region. These data were obtained for a

Mach range of 1.4-2.0 and an altitude range of 13,716-
15,240 m (45,000-50,000 ft). 6

This paper discusses the second phase of the

F- 16XL-2 project, in which an active glove flown on the

left wing at supersonic, high-altitude flight conditions

demonstrated the feasibility of laminar flow control for

the proposed HSCT. 7 Unlike the active glove used on the

F-16XL-1 airplane, this glove was optimized for laminar

flow and had variable hole spacing. Team members from

the NASA Dryden Flight Research Center (Edwards,

California), NASA Langley Research Center (Hampton,

Virginia), Boeing Commercial Airplane Group (Seattle,

Washington), McDonnell Douglas Corporation (Long

Beach, California) and Rockwell International (Seal

Beach, California) supported this project.

The F-16XL-2 airplane partly was chosen as the flight

research vehicle because its planform (70-deg inboard

wing sweep), maximum speed (Mach 2.0), and

maximum altitude (16,764 m or 55,000 ft) are similar to

the planform, desired cruise speed (Mach2.4), and

cruise altitude (18,288 m or 60,000 ft) of the HSCT.

Although the F-16XL aircraft has similar properties to

the proposed HSCT, some peculiarities in this

experiment are specific to the F-16XL-2 airplane and
would not be of concern if the HSCT uses this

technology.

The necessary F-16XL-2 modifications included the

installation of a titanium glove on the left wing of the

aircraft, the extension of the leading-edge region to

continue the 70-deg inboard wing sweep into the

fuselage (fig. 1), and the installation of a suction pump to

act as the suction source for the experiment. The

objectives of the flight experiment were to achieve

laminar flow at 0.50-0.60 chord location (x/c) on a

highly swept wing at supersonic speeds and to validate

the tools used in the design of this experiment.

EC96 43548 07

Figure 1. The F-16XL-2 dual-place aircraft with suction

glove installed on left wing.

NASA Dryden conducted 45 flights in support of this

experiment. This paper discusses research variables that

directly impacted the ability to obtain laminar flow and

the techniques used to correct for these variables in

flight. The variables included flight conditions, suction,

and unique F-16XL-2 shock systems.

Note that use of trade names or names of

manufacturers in this document does not constitute an

official endorsement of such products or manufacturers,

either expressed or implied, by the National Aeronautics

and Space Administration.

2
American Institute of Aeronautics and Astronautics



AIRCRAFT DESCRIPTION

The F- 16XL-2 aircraft was selected for this

experiment because of its similarity to the proposed

HSCT in both its planform and maximum attainable

flight conditions. The F-16XL aircraft has a double-

delta-wing configuration and is a modification of the

standard F-16 airplane. The wing leading-edge sweep is

70 ° and 50 ° in the inboard and outboard regions,

respectively.

The F-16XL-2 airplane was the second F-16 airplane

modified by General Dynamics (Fort Worth, Texas). The

two-seat aircraft is capable of cruising at a speed of

Mach 2.0 and an altitude of 16,764 m (55,000 ft) when

powered by the F110-GE-129 engine (General Electric,

Evandale, Ohio). Figure 1 shows the left wing of the

aircraft modified with a laminar flow control glove.

EXPERIMENT DESCRIPTION

Several components, discussed in the following

sections, were required to ensure a successful F-16XL-2

laminar flow experiment. These components included

the design flight conditions and pressure distribution, a

wing glove, a suction system, shock fences, and a
turbulence diverter.

Design Flight Conditions

The design point of the experiment was selected based

on computational fluid dynamics and previous transition

flight experiments. The design point, a speed of

Mach 1.9 at an altitude of 15,240 m (50,000 ft), was still

within the F-16XL-2 flight envelope after the airplane

was modified for this experiment.

Depending on drag and engine performance, Mach

numbers and altitudes higher than the design point could

be achieved. The calculated Reynolds number at the
design condition was 2.25×106, which was a function of

the local temperature at altitude and varied for each

flight. The design angles of attack and sideslip were 3.3 °

and 0 °, respectively.

Design Pressure Distribution

The design pressure distribution over the wing

included the components required to minimize

transition-cansing disturbances. The steep leading-edge

acceleration to the wing upper surface allowed a rapid

progression through the region of crossflow. The

acceleration was followed by a gradual, favorable

pressure gradient that acted to stabilize Tollmien-

Schlichting disturbances. Predictions further indicated

that the lack of span-wise gradients in the design

pressure distribution allowed for nearly unswept isobars

on the upper surface at the design angle of attack. 8

Predictions indicated that although the design pressure

distribution was instrumental in obtaining laminar flow,

suction was required to obtain extensive laminar flow on

the highly swept wing. To obtain the necessary suction,
extensive F-16XL-2 modifications were made that were

unique to the experiment.

Wing Glove

A perforated wing glove was installed on the left

wing of the F-16XL-2 airplane. This glove and its

fairing were designed by Boeing using a "constrained

direct iterative surface curvature" inverse design

method (developed by NASA Langley) coupled with a

three-dimensional, thin-layer Navier-Stokes flow
solver. 8 The glove, which Boeing also fabricated, was

constructed of 1.016-mm-thick (0.040-in.-thick)

titanium perforated with more than twelve million laser-

drilled holes. These holes nominally were 0.0635 mm

(0.0025 in.) in diameter and had a varied spacing range

of 0.254-1.397 mm (0.010-0.055 in.), depending on the
required suction porosity. 7 The conically shaped holes

provided the perforated surface through which the

boundary-layer instabilities were removed.

The glove was a shell that encompassed the left wing,

not a replacement to the original wing. The suction panel

had a 12.70-mm (0.50-in.) leading-edge radius and

extended 5.18 m (17.00 ft) along the leading edge and

back to 0.60 x/c. The suction panel was bounded by the

apex, an aluminum substructure with a carbon-fiber

cover; and a carbon-fiber passive fairing that blended the

panel with the existing wing contour. Support structures

(apex region) were added that continued the 70-deg

swept wing into the fuselage (fig. 2). With these

modifications, the F-16XL-2 left wing better modeled

the proposed HSCT wing.

Suction System

The design suction distribution was derived by

Boeing using linear, boundary-layer-stability-theory

calculations. This analysis was correlated with wind-

tunnel and flight transition data and was used to establish
the criteria for the maximum and minimum suction

levels. 8

A suction control system was designed to achieve the

design suction distribution as closely as possible while

applying suction to the panel surface at different levels

and locations. Figure 3 shows a schematic of the suction

system. Suction was provided for this system by a

modified Boeing 707 cabin air-pressurization
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Active suction glove

Passive fairing

Apex region

Passive glove
(previous experiment)

Figure 2. Aircraft configuration.

turbocompressor located in the ammunition drum bay.

The rate of air drawn through the suction-panel holes

was measured by mass flow sensors and controlled by

butterfly flow control valves (FCVs), which then led into

a common chamber, the plenum. From the plenum, air

passed through a large duct where the master FCV was

located. When insufficient quantities of air were drawn

through the master FCV, a surge valve opened to provide

supplemental air to the turbocompressor, which was

nominally driven by engine-bleed air. All air exiting the

turbocompressor was then vented overboard, on the right

side of the aircraft.

The suction panel was divided into 20 regions, 13 of

which were located in the leading edge. Three flutes,

compartments created by fiberglass dividers, provided

suction to those regions located in the leading edge.

Figure 4 shows the four suction regions fed by each flute.

Each of the 20 regions had its own mass flow sensor and

FCV. A setting of 0 ° represented a closed valve; a setting

of 90 ° represented a completely open valve.

The suction control system controlled the master FCV

and the 20 FCVs through a computer onboard the

aircraft. In real time, this computer interfaced the

uplinked command signal from the control room with

the FCVs and set the suction levels for the 20 regions.

The FCVs in each region were individually controlled,

which allowed for different suction settings within each

region. This system permitted several suction

distributions to be studied during a given flight.

Shock Fences

Because of the engine-inlet configuration of the

F-16XL-2 airplane, some concern existed that inlet-

generated shocks could impact the leading edge of the

glove, reducing the possibility of obtaining laminar

flow in the affected region. To address this concern, a

50.8-cm-tall (20.0-in.-tall), vertical shock fence,

constructed of aluminum, was installed on the lower

surface of the left wing at butt line (BL) 165.7 The shock

fence was mounted at a weapons ordnance hard-

Suction

FCV(s) _ Surge

Mass flow

Supplemental
air

Engine-
bleed air

Master i

FCV

Suction panel
Turbocompressor

Vented overboard on the
right side of the aircraft

990292

Figure 3. Suction system schematic.

8, 9, 10

(lower surface) 111 121 1: _-- Leading-edge
I regions
I

Leading-edge regions (not to scale) I

-'/- __] iiiiiiiiiiiiiiiiiiiiiii_iiiii_i_iiiiiiiiiiiiiiiii_-/_Flute

! I Side view
Leading edge (not to scale)
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Figure 4. Suction-panel regions.
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attachment point to block the potential engine-inlet
shocks.

The two shock-fence designs flown during the

experiment were designated by the sweep angle the

shock-fence leading edge made with the vertical. The

first fence flown was the 60-deg shock fence. This fence

was based on a 25.4-cm-tall (10.0-in.- tall) design flown

during the previous phase of the F-16XL-2 laminar flow
project. 6 The 60-deg shock fence was flown on 19 flights

of this experiment. The second fence flown was the

10-deg shock fence installed for 24 of the research

flights. The 10-deg sweep of this fence yielded a

supersonic leading edge. Two flights were flown without
either shock fence installed.

Turbulence Diverter

A turbulence diverter was installed inboard of the

suction panel at the leading edge. 7 The turbulence

diverter was a passive device used to create a laminar

attachment line on the glove. The diverter consisted of a

narrow (19.80-mm or 0.78-in. width) longitudinal slot

on the leading edge just inboard of the suction panel.

This slot allowed the turbulent attachment-line boundary

layer flowing outboard from the passive-fairing leading

edge to be swept away and a new laminar attachment-

line boundary layer to be formed on the inboard leading

edge of the panel.

Three diverter configurations were flown during the

previous phase of the F-16XL-2 laminar flow project.

The design used for this experiment was determined to
be the most effective.

INSTRUMENTATION

Airdata parameters were measured using a flight test

noseboom (fig. 1) designed to measure airspeed and flow

angles. In addition to the dual flow-angle vanes used to

measure the angles of attack and sideslip, the noseboom

also provided measurements of total and static pressure.

Angle-of-attack calibration data were obtained during

the previous phase of the F-16XL-2 laminar flow

experiment. Flow-angle accuracies were _+0.3° and _+0.5°

for the angles of attack and sideslip, respectively.

The aircraft was also instrumented to measure total

temperature, Euler angles, accelerations, and control-

surface positions. The wing glove instrumentation

consisted of pressure orifices, thermocouples,

microphones, mass flow sensors, and hot-film

anemometers. This paper primarily focuses on the data
obtained from the hot-film anemometers.

Pressure Taps

Both surface and internal pressure measurements were

obtained during the experiment. Of the 454 surface

pressure taps, 200 were located on the active suction

panel, 113 of which were in the leading-edge region.

The remaining 254 surface pressure taps were located

on the apex and passive fairing, surrounding the suction

panel. These taps were flush-mounted pressure orifices

with an internal diameter of 1.587 mm (0.0625 in.) The

72 internal pressure taps were used to monitor the

pressure within the suction flutes.

Mass Flow Sensors

Twenty mass flow sensors were inserted in the ducts

between the suction-panel surface and the FCVs. These

sensors, designed by Kurz Instruments Inc. (Monterey,

California), were used to measure the suction flow rate in

each region. The sensors were based on a Kurz

Instruments thermal convective single-point insertion

"CD" xM mass velocity sensor and consisted of a glass-

coated platinum wire over ceramic sealed with epoxy.

The mass flow sensors had an accuracy of _+3percent

of the reading. Each sensor and region valve assembly

used to correlate valve position with mass flow was

laboratory-calibrated at NASA Langley.

Hot-Film Anemometers

Hot-film sensors with temperature-compensated

anemometer systems were used on or arotmd the suction

panel on both the upper and lower surfaces. Hot-film

sensors of this type have been used on high-performance

aircraft in several experiments at NASA Dryden. The
sensors were mounted such that their active elements

were nearly perpendicular to the airflow, with the

temperature elements adjacent and slightly aft of the

hot-film sensors to avoid possible flow disturbance over
the active elements of the hot-film sensors. The

anemometer system compensates for the local stagnation

temperature, which allows the sensors to operate in

conditions where large speed and altitude variations
9occur.

Twenty-four hot-film sensors were mounted directly

to the titanium surface on the edge of the active suction

region on the wing upper surface. The amount of hot
films on the active suction surface varied from 0 for the

first 8 flights to 31 for the final flights. The location of
these hot films varied as different areas of the suction

panel were investigated. The desire to mount hot films to

the active suction surface generated some concern about

5
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residue blocking the suction-panel holes. As a result, the

sensors were directly mounted not to the surface, but

instead to polyester tape that left no residue and was

rated for high temperatures and dynamic pressures.

Before this experiment began, speed and temperature

tests were performed both in flight and in the laboratory

to verify that the tape could be used in this manner.

Lower-surface hot films placed near the leading edge

were used to identify the span-wise extent of laminar

flow at the attachment line. Although the number of

usable lower-surface hot films was limited to 15, the

location and number of these sensors also varied

throughout the flight phase. Initially, 14 lower-surface

hot films were used, the first of which was mounted to

the carbon-fiber panel just forward of the turbulence

diverter. The other 13 were mounted directly to the

titanium surface on the edge of the suction-panel

regions. Figure 5 shows the 146 hot-film locations

studied throughout the flight phase. The number of hot-

film anemometry cards available in the instrumentation

system limited the number of recorded hot films to

50 preflight-determined hot films.

Data Recording

All instrumentation data were telemetered to a ground

station in real time during the research flights and

recorded. The alrdata and aircraft parameters were

measured at 50 samples/sec. The research pressure data

were obtained at 12.5 samples/sec. Mass flow data were

obtained at 60 samples/sec. The telemetered hot-film

data were acquired at 100 samples/sec. Hot-film data

• Hot-film sensor

..... Suction region boundary
Suction-panel boundary

-- Titanium panel edge

edge

Upper-surface hot films on suction-panel surface = 102

Upper-surface hot films on suction-panel edge = 24
Lower-surface hot films = 20

Total number of hot-film locations = 146
990301

Figure 5. Hot-film locations studied.

were also recorded on a 14-track magnetic tape drive

using frequency modulation and constant bandwidth.

These high-frequency data were recorded at 2 and

10kHz during the program; however, the results

presented in this paper were derived from the

telemetered data because transition was easily observed

at that frequency. Hot-film signals were measured in

volts and displayed in the control room, which allowed

decisions regarding flight-maneuver quality to be made

in real time.

The hot-film sensor signal used in this experiment had

both direct-current (steady-state) and alternating-current

(dynamic) components. In previous NASA Dryden

experiments, these components were separated and

recorded as two signals.l° Boundary-layer state

classification requires both components to obtain the

best results. For this experiment, the two components

were recorded as one signal.

Figure 6 shows a hot-film signal under a laminar

boundary layer that has turbulent bursts bounded by a

signal from a turbulent boundary layer at the beginning

and the end. The top curve shows the combined signals;

the second curve shows the direct-current (steady-state)

component of the signal; and the bottom curve shows the

alternating-current (dynamic) component of the signal.

This combination signal eliminated some confusion and

made boundary-layer state classification an easier

process.

Interpretation of Hot-Film Signals

Hot-film sensors were used to determine the

boundary-layer state. Figure 7 shows typical hot-film

2
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Laminar-with-turbulent-bursts signal

T l" LT >.I T
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Figure 6. Hot-film signal components.
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Figure 7. Hot-film signal classifications.

signals and their boundary-layer state designation. The

dynamic portion of the hot-film signal was "quieter" for
laminar flow than for turbulent flow because the

temperature-compensated hot-film sensors required less

voltage input to keep the temperature constant for

laminar flow. Laminar flow required less voltage because

of little mixing in the boundary layer; therefore, less

convective heat transfer away from the sensor existed

than for turbulent flow. Consequently, the signal had a

low amplitude. Conversely, for turbulent flow where

heat-transfer rates increase and rapidly fluctuate because

of large mixing in the boundary layer, higher voltage was

required and the signals had a higher amplitude.

The steady-state portion of the hot-film signal was

characterized by a voltage offset. This offset was a lower

voltage for hot films in areas of laminar flow as

compared to turbulent flow. High-amplitude spikes were

an indication of transitional flow. Spikes in the direction

of positive voltage indicated a mostly laminar signal

with turbulent bursts. Spikes in the direction of negative

voltage indicated a mostly turbulent signal with laminar

bursts. Peak transition was indicated by the maximum
occurrence of high-amplitude spikes.l°' 11

TEST CONDITIONS

Data were obtained throughout each research flight;

however, the results presented in this paper primarily

were obtained at flight conditions of Mach 2 at altitudes

ranging from 15,240 m to 16,764 m (50,000 fl to

55,000 fl); angles of attack ranging from 2.0 ° to 4.0°;

and angles of sideslip of either 0.0 ° or 1.5 ° nose right.

Several disturbances occurred, which will be discussed

in the "Results" section, that led to the maneuvers

primarily being conducted at these flight conditions

instead of the design conditions of Mach 1.9, an altitude

of 15,240 m (50,000 ft), 3.3 ° angle of attack, and 0.0 °

angle of sideslip.

The design conditions were determined from previous

flight results and analysis of computational fluid

dynamics results. The desired angles of attack and

sideslip were based on the cruise conditions of the

HSCT (3.5 ° and 0.0 ° angles of attack and sideslip,

respectively). The maneuvers typically performed were

steady-state pushovers to a predesignated angle of

attack. These pushovers were performed with and

without sideslip and were approximately 10 sec in
duration.

RESULTS

The flight test results presented consist primarily of

boundary-layer transition data obtained from hot-film

sensors. In the following sections, attachment-line flight

condition and shock-fence effects, suction effects, and
the extent of laminar flow obtained are discussed.

Attachment-Line Flight Condition and Shock-Fence
Effects

Key parameters in laminar flow experiments are

Reynolds number, angle of attack, and angle of sideslip.

Figure 8 shows conditions where a laminar attachment

line was obtained as a function of angles of attack and

sideslip. The data were acquired at a Mach number

range of 1.9-2.0 and an altitude range of 15,301-

16,886m (50,200-55,400 ft). The symbols (fig. 8)

represent the test points where all lower-surface hot

films were laminar, indicating a laminar attachment
line.

The data are further defined by shock-fence

configuration. Triangles represent data from flights

when the 60-deg shock fence was installed, and circles

represent the 10-deg shock-fence data (fig. 8). The

reason for two shock-fence designs was based on their

influence on the attachment line. A completely laminar
attachment line was not attainable without a shock

fence installed because of shocks emanating from the

engine inlet. 7 During the two flights without a shock

fence installed, 2.9 ° was the maximum angle of attack
for which the lower-surface hot films inboard of the

7
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Figure 8. Angle-of-attack and -sideslip test conditions
under which a laminar attachment line was obtained.

shock-fence location were laminar. The outboard lower-

surface hot films were not expected to be laminar

because no shock fence was installed to keep the

engine-inlet shock from impacting the attachment line.

The best repeatable laminar flow results achieved at a

desirable angle of attack occurred at 3.7 ° angle of attack

for a unit Reynolds number of 7.32×106/m

(2.23×106/ft). During these research flights, a unit

Reynolds number of 7.32×106/m (2.23×106/ft) was most

often attained at a speed of Mach 2.0 and an altitude of

16,154 m (53,000 ft). The attachment-line laminar flow

results were very sensitive to angles of attack and

sideslip. Investigation with the 10-deg shock fence

installed proved that a laminar attachment line could be

achieved for angles of attack as high as 3.7 °. Figure 8

shows angles of attack and sideslip plotted for this test

condition. Both positive (nose left) and negative angles

of sideslip were investigated. A laminar attachment line

could not be achieved for positive angles of sideslip.

Although a laminar attachment line could be obtained

for 0° angle of sideslip, the most successful laminar flow

results repeatedly were obtained by "unsweeping" the

left wing to -1.5 ° angle of sideslip.

Suction Effects on Transition

To achieve laminar flow, the experiment used FCVs in

the ducts to actively control suction on the perforated

suction glove. Obtaining the optimum suction

distribution over the panel was extremely important and

challenging. Figure 9 shows the design suction

distribution at Mach 1.9 and an altitude of 15,240 m

(50,000 ft). Figure 9 also shows a flight suction

distribution that repeatedly yielded successful laminar

flow results at Mach 2.0 and an altitude of 16,764 m

(55,000 ft). The flight suction values in flute 1 represent

the laminar attachment-line, flight-determined optimum
suction level. A laminar attachment line could not be

obtained for suction coefficient values in excess of these

values, which were usually less than design in the

attachment-line regions.

Evidence that the design levels may have been too

high in the attachment-line regions was obtained when

the suction system was turned off. Because the suction

system usually was not turned on until the aircraft was

nearing the flight test conditions, time existed to observe
the behavior of the hot films with the suction off. The

lower-surface hot films located span-wise between the
turbulence diverter and the shock fence were often

laminar without suction at altitudes and Mach numbers

ranging from 13,716 to 15,240 m (45,000 to 50,000 ft)

and 1.69 to 1.93, respectively. Figure 10 shows examples

-,0025

Design: M = 1.9; Hp = 15.2 km (50 kit)

Flight: M = 2.0; Hp = 16.8 km (55 kft)

-,0020

-,0015

Cq
-,0010

-,0005

0

Regions Flute 1 Flute2 Flute3
I

Attachment line

Leading edge

Figure 9. Suction distribution.

1 2 5 8 113 6 9124 7 101314151617181920

Rooftop

990318
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BL F__20 °

Spanwise distance

Leading Shock fence ---_

edge Region 2 Region _

Lower surface hot films

Hp, Re, oq

M km (kft) mil/m (mil/ft] deg 2 3 4 5 6 7 8

1.690 15.4 (50.5) 6.46 (1.97) 4.24 L L L L T T T

1.807 15.6 (50.7) 6.96 (2.12) 3.96 L L L L T T T

1.861 15.4 (50.4) 7.22 (2.20) 3.96 LT L L LT L T T

1.898 15.1 (49.7) 7.94 (2.42) 3.24 LT L L LT L T T

1.901 13.7(45.1) 9.22(2.81) 3.13 L L L LT L T T

1.933 15.6 (50.7) 7.41 (2.26) 3.95 L L L LT T T T

990319

Figure 10. Lower-surface hot films without suction.

for constant valve settings were caused by changes in

flight condition. Throughout the flight experiment, the

suction valve in region 20 was closed and no hot films

were placed on the suction-panel surface in that area,

because laminar flow was not expected.

The leading-edge suction values (fig. 11) represent the

flight-determined optimum suction settings for a laminar

attachment line. The large steps in suction in the rooftop

regions (figs. l l(a)-(c)) demonstrate the necessity for

high suction in these regions. The small FCV angles in

the rooftop regions (fig. 1 l(a)) yielded mostly turbulent

hot-film signals, but the hot films in figure 1 l(b) indicate

more laminar signals for a 20-deg change in FCV

position. The suction distribution shown in figure 1 l(c)

is the same flight distribution shown in figure 9; valves in

the rooftop regions are open to 90 ° . This distribution also

yielded a laminar attachment line and laminar flow in the

rooftop regions. The turbulent and turbulent-with-

laminar-bursts signals in region 15 were caused by the

existence of the hot-film sensors mounted forward of the

sensors in region 14.

of this phenomenon. These sensors became turbulent

when design suction was turned on because of too much

suction in the attachment-line regions. However,

preflight predictions had shown the design suction level

necessary to overcome the leading-edge pressure

disturbance from the inlet shock. This need for lower-

than-design suction occurred only on the attachment

line. In fact, suction in the remaining leading-edge

regions was set at levels higher than design (fig. 9) to

compensate for the limited levels in the attachment-line

regions. 8

Figure 11 shows examples of the effectiveness of these

and other suction settings in flight at a speed of Mach 2.0

and altitudes ranging from 16,154 to 16,764 m (53,000

to 55,000 ft). The data are from the wing glove with the

10-deg shock fence installed and from hot-film sensors

indicating the boundary-layer state for a specific suction

distribution. The comparison plots (fig. 11) were

compiled from several flights, and the hot-film layout

varied from flight to flight. The boundary-layer state in a

specific region varied as suction changed within that

region.

In the attachment-line regions, the FCVs were all set

to the same flight values as those shown in figure 9. Any

disparity in the mass flow (that is, the suction coefficient)

Hot-film
sensor states

o L
/, LT
x TR
• TL
eT

Suction-panel
"_44, _ edge--_

.. ....tl

-.0020 _ Lower-

surface-.0015 1 1 hot filmcq000lnlll-°°°in
2 3 4 5 6 7 8 9 10 11 12 13 1415 16 17 18 1920

Region 990329

(a) Regions 14-19; FCV angles = 15 °.

Figure 11. Rooftop suction effects at Mach 2.0, an

altitude of 16,855 m (55,300 ft), 3.7 ° angle of attack, and

-1.4 ° angle of sideslip.
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Hot-film
sensor states

o L
a LT
x TR
• TL
eT

Suction-panel

- e'T

....fl
Oooo;

,tt

-.0020 - _ Lower-

surface-.0015 - 1 1 hot film,000lnlHl
0 ir_ .....

2 3 4 5 6 7 8 9 10 11 1213 14 15 1617 18 19 20
Region

990330

(b) Regions 14-19; FCV angles = 35 °.

Extent of Laminar Flow

When all of the attachment-line variables were taken

into account and the suction system had been exercised

and its limits understood, the extent of laminar flow

could be maximized. Figures 12 and 13 show two cases

that document the long runs of laminar flow achieved at

Mach 2 during the course of the program. The figures

show the wing glove with hot-film sensors that indicate

the state of the boundary layer for a specific suction

distribution. The shaded area represents the region of

laminar flow over the wing glove. In both cases, all the

lower-surface hot films were laminar, indicating a

laminar attachment line. The suction distribution for

each case, including the design suction, is also shown.

As in the distribution from figures 9 and ll(c),

maximum suction was employed in flutes 2 and 3 and in

the rooftop regions, with suction variation occurring

only for the attachment-line regions. By using a

multiple-region suction coefficient (Cqu R ) for flute 1,

a 45.3-percent difference exists with _+3.3-percent error

between the flute 1 suction distributions of the two cases.

Both of the cases shown were obtained with the 10-deg

shock fence installed.

In figure 12, the laminar flow region is bounded by

turbulent and laminar-with-turbulent-bursts hot-film

Hot-film
sensor states

o L
A LT
x TR
• TL
eT

Suction-panel

shock fence -_ __.OOOo..! 1_9[I

-.0020 _ Lower-

surface
-.0015 hot film

Cq -.0010

-.0005

0
HNMR_r_m

1 2 3 4 5 6 7 8 9 10 11 1213 1415 16 17 1819 20

Region 990331

(c) Regions 14-19; FCV angles = 90 °.

Figure 11. Concluded.

Hot-film M = 2.0, Hp = 15.2 km (50 kft),sensor states
o L Re=21.2 x106, o_=2.6°,_=-0.1 °

z_ LT 10-deg shock fence, laminar
• T flow distance = 2.62 m (8.6 ft) (0.41 x/c)

0.45 x/c

.........._i_iiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiii_i_i_:_.........

........._:_i_iiiiiiiiiiiiiiiiiiiiiiiiiNiiii_i_iii_i_iiiiiiiiiiiiiiiiiii_iii_i_iiiiii_:_::i_i_:.'.:._

surface
hot film

-.0025 _ Design

-.0020

-.0015

-.0010

-.0005

0

Cq

Flight

2 4 5 6 7 8 9 10 11 1213 14 15 16 1718 19 20

Region 990332

Figure 12. Maximum extent of laminar flow achieved at

15,240 m or 50,000 ft and 2.6 ° angle of attack.

10

American Institute of Aeronautics and Astronautics



signals.Thehotfilmfurthestafttoindicatelaminarflow
forthistestpointwaslocatedat0.41x/c, which made the

maximum laminar flow distance a minimum of 2.62 m

(8.60 ft). This location corresponds to a Reynolds

number of 21.2x106 at 2.6 ° angle of attack and 0.0 °

angle of sideslip. The attachment-line suction

distribution was not the flight-determined optimum

discussed in the "Suction Effects on Transition Results"

subsection. However, a laminar attachment line was still

attainable because of the low angle of attack, which was

lower than the desired HSCT cruise angle of attack.

Figure 13 shows the laminar flow region bounded by

turbulent and transitional hot-film signals. This test

point occurred at 3.7 ° angle of attack (closer to the

desired HSCT cruise angle of attack than those of

figure 12), -1.5 ° angle of sideslip, and a Reynolds

number of 22.7x106. The hot film furthest aft to be

laminar was located at 0.46 x/c, which made the laminar

flow distance 3.14 m (10.30 ft). Except for the very

small variation in region 11, the suction distribution

shown is identical to those shown in figures 9 and 1 l(c).

These long runs of laminar flow were not the only cases.

In fact, a very good example of repeatability occurred

on the last flight in which 14 test points consistently

Hot-film M = 2.0, Hp = 16.2 km (53 kft),sensor states
o L Re = 22.7 x106 ,(_=3.7 ° ,_=-1.5 °

•_ LT 10-deg shock fence, laminar
x TR flow distance = 3.14 m (10.3 ft) (0.46 x/c)
eT

0.45 x/c

========================================

`_g_iiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiii_i__ .I

surface 7
hot film J

Design
Flight-.0025 Im

-.0020

-.0010 _iil

-.oooli,,i

Cq

1 2 3 4 5 6 7 8 9 1011 1213 141516 1718 19 20

Region 990333

Figure 13. Maximum extent of laminar flow

achieved (16,154 m or 53,000 ft and 3.7 ° angle of

attack).

demonstrated laminar flow as far aft as 0.42 x/c. All of

these cases occurred at Mach 2.0 and an altitude of

16,154 m (53,000 ft); used the attachment-line flight-

determined optimum suction levels; and had variation

occur only in flutes 2 and 3 and in the rooftop regions.

Unfortunately, the direct-current level of several

hot-fill sensors was out of range on that flight, so the

actual extent of laminar flow was unknown.

CONCLUDING REMARKS

A titanium, laminar flow control glove with variable

hole spacing has been flown on the left wing of the

F-16XL-2 aircraft. Boundary-layer transition data

primarily have been obtained on this glove at a speed of

Mach 2.0 and altitudes of 16,154 to 16,764 m (53,000 to

55,000 ft).

Best results have been obtained at a speed of Mach 2.0

and an altitude of 16,154 m (53,000 ft) rather than the

design Mach number and altitude (Mach 1.9 and 15,240

m or 50,000 ft, respectively). At an angle of attack (3.7 °)

near the desired cruise angle for the High-Speed Civil

Transport (HSCT), laminar flow was obtained to a

minimum 0.46 chord location (x/c) corresponding to a

Reynolds number of 22.7x106. Laminar flow has been

consistently obtained to a minimum 0.42 x/c with the

flight-determined optimum suction levels.

Reducing suction levels at the attachment line from

the design levels was necessary to obtain a laminar

attachment line. However, increasing the suction levels

above design on the rest of the panel was required to

maximize the laminar flow conditions further aft.

Shocks peculiar to the F-16XL-2 airplane caused

some compromises in the experiment. Shocks off the

inlet required a shock fence to be installed on the lower

surface of the left wing and the airplane to be flown at an

angle of sideslip of 1.5 ° nose right. These shocks and

resulting effects would not be present on an HSCT

implementing laminar flow control technology.
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